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RESEARCH MEMORANDUM

METHOD OF ESTIMATING THE STICK-FIXED LONGITUDINAL
STABILITY OF WING-FUSELAGE CONFIGURATIONS
- HAVING UNSWEPT OR SWEPT WINGS

By Milton D. McLaughlin
SUMMARY

A method is given for calculating the stick-fixed longitudinal
stability of a wing-fuselage configuration at subcritical Mach numbers.
The method applies to unswept- and swept-wing configurations. No effort
has been made to include the effect of the horizontal tail but this
effect could easily be calculated if the downwash values were known. In
the development of the method experimental results were necessary to
obtain the normal loading on the part of the fuselage in the vicinpity of
the wing-fuselsge Juncture. ZExperimental curves are presented which are
used to predict the loading.on this portion of the fuselage for- other
conflgurations . :

The geometrical characteristics and the calculated contributions to
11ft and pitching moment of the principal parts of the wing-fuselage con-
figurations for 23 configurations are presented. A comparison of the
neutral points predicted by the method with the neutral points obtained
from experiment for the 23 wing-fuselage configurations 1s also presented.

INTRODUCTION

Methods for computing the stick-fixed longlitudinal stgbility of
airplanes having small sweep angles (below 20°) and high aspect ratios
have been developed to a point where a good degree of accuracy may be
obtained with their use. In methods such as that given in reference 1
the agreement between the calculated and measured neutral points has
generally been 1.5 percent of the méan aerodynamlc chord or within the
accuracy with which neutral points have been evaluated from flight data.
These methods do not apply, however, to conflguratlons having large
sweep angles. _._ ~ . .. i i} : e
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The purpose of the present paper 1is to derive a method which per-
mits calculation to within s satisfactory degree of the stick-fixed
static longitudinal stability of configurations having either unswept
vings or wings with lsrge sweep angles. This method applies to a wing-
fuselage configuration. No effort is made to include the effect of the
horizontal tail but this effect could easily be calculated if the down-
wash values were known. Since no generalized charts exist for estimating
downwash behind swept wings, the downwash values used in the method are
best obtained from experimental values on =& simllar wing—fuselage con-
figuration. Theoretical procedures are used where possible to develop
this method for calculating the aercdynsmic forces and moments; emplrical
methods based on experimental results are used for those parts of the
configuration for which no theory is available.

The stick-fixed neutrel points of 23 wing-fuselage configurations

. have been calculated by the present method and a comparison with experi-
ment is presented. The 23 wing-fuselage configurations together with
pertinent information-are presented in table I. Results of tests of the
Tirst 10 configurations provided experimental data which were used to
obtain the variation of the normal loading on the fuselage in the vicin-
ity of the wing-fuselage Jjuncture. These éexperimental curves are used
to predict the loading for simllar configurations. A sample calculation
of the neutral polint of a wing-fuselage configuration is included in an
appendix.

SYMBOLS

b wing span perpendicular to plane of symmetry, feet

c wing chord parallel to plane of symmetry, feet

c ' mean aserodynamic chord, feet

Cav average wing chord (Sw/b), feet

b'e longitudinal coordinate measured from qﬁarter chord of mean
aerodynamic chord, feet '

xp longitudinal distance measured from quarter chord of mean
aerodynamic chord to duct inlet, feet (positive forward)

Xg longitudinal distance measured from gquarter chord of mean
aerodynamlc chord to a given fuselage station, feet
(positive forward)

Xpo longitudinal distance measured from fuselage nose to a given

" fuselage statlon, feet
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X3 .- longitudinal distance measured from quarter chord of mean
gerodynamic chord to leading edge of intersection chord,
feet (positive forward)

XT longitudinal distance measured from quarter chord of mean
aerodynamic chord to center of pressure of carry-through
section (positive forward)

¥ lateral coordinate measured from plane of symmetry, feet

Yo . lsteral distance to aerodynamic center of external wing
measured from plene of symmetry, feet

Y . "average fuselage width at wing root, feet

e finite fuselage width, feet

S area, square feet

n dimensionless lateral coordinate (E%ﬁ)

1 spanwise center-of-pressure location on wing, fraction of

cp .
semispan ycP
b/2

A aspect ratio (b%/sw)

. Tip chord )

A taper ratio (Root chord

A sweep angle, degrees

M Mach number

v velocity, feet per second

Vp average alr velocity at minimum cross section of duct inlet,
feet per second

q free-stream dynamic pressure, pounds per square foot

a angle of attack, degrees -

€ downwash angle, degrees

B angle of local air flow relative to x-axis, degrees
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K factor used in determining dB/da
c; local 1ift coefficient (—I-"ii%——m)
c3 Jocal 1ift coefficient due to additional 1ift on wing
a
Ch local normal-force coefficient (Local nozial force)
Cr, 1lift coefficient (Eiﬁﬁ)
Cn pitching-moment coefficient (Pitchinglfoment)
_ PEME
cy variation of local 1ift coefficient with angle of attack, per
@ . degree . (dcz/da)
CLa variation of 1ift coefficient with angle of attack, per .
degree (ch /d.a,)
CmOL variation of pitching-moment coefficient with angle of attack,
- per degree '(d.Cm /d.or,)
C1, variation of center-section (fig, 1) 1ift coefficient with
%o angle of attack, per degree (based on wing center-section
area Sg)
CLr variatian of external-wing-(fig. 1) 1ift coefficient with )
% angle of attack, per degree (based on external-wing area Sg)
Cry, variation of external-wing (fig. 1) 1ift coefficient with
S "~ angle of attack, per degree (based on total wing area Sy}
Lty variation of carry-through-section (fig. 1) 1ift coefficient
1 - with angle of attack, per degree (vased on wing carry-
through area Yci)
CLai varilation of carry-through-section (fig. 1) 1ift coefficlent
with angle of attack, per degree (based on total wing
area Sy)
Subsgcripts:
0 external wing
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ac

c/k

cp
av

exp

aCpy /dCL is zero.

moment of the configuration.

total wing (including center section)
complete configuration

center section of total wing (fig. 1)
wing-fuselage intersection

wing carry-through section (fig. 1)
fuselage (fore and aft)

finite fuselage section

meah aerodynamic chord

intake duct

leading edge of wing

aerodynamic center

quarter chord

trailing edge of wing

fuselage length

maximum -

center of pressure

average

"experimental

METHOD OF ANATYSIS

The stick-fixed neutral point of a wing-fuselage configuration is
defined as the center-of-gravity location for which the slope. of the
curve of sirplene pltching-moment coefficient against 1lift coefficient
‘In order to estimate the neutral point of a configura-
tion it is necessary to determine the additional loading and pitching
In order to determine these quantities
the configuration is separated into its principal parts and the addi-
tional loading of these parts is calculated. The resultant forces and
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pitching moments contributed by each part are presented in coefficient
form as values of (1, and Cpm,, respectively. From the sumation of =

these coefficients the distance of the neutral point of the wing-fuselage
configuration from-the reference axis, expressed as a fraction of the
mean serodynamic chord of the wing may be found as the value of

dCpp

where
dCL WF

ac,\ ZE::(C“h)WF
Qaiﬂ) - E:::(CL“)WF

In the present method, the configuration is separated into the
followlng three parts: +the external wing, the fuselage fore and aft
of the wing-fuselage juncture, and the wing carry-through section.
(See fig. 1.) Hereinafter, the part of the fuselage fore and aft of
the wing-fuselage Jjuncture is referred to as the'"fuselage. The carry-
through section is considered rectangular in shape; 1ts length is equsl
to the length of the wing-fuselage intersection chord and its width 1is 5
the average width of the carry-through section. It is important to note, o
however, that whenever the total wing area is considered in the method
the. center-section area is the area indicated by the dotted lines in
figure 1. The 1ift and moment coefficients for the principal parts are
calculated in terms of the total wing area. The moment reference point
is taken as the gquarter-chord point of the meen aerodynamic chord of the
total wing.

The present approach to the analysis of longitudinal stability 4if-
fers somewhat from the approach presented in reference 1. In refer-
ence 1 the 1ift of the wing-fuselage comblnation is taken as the 1ift
of an isolated wing of corresponding dimensions. Fuselage 1ift, there-
fore, must be taken as equal to.the 1ift on the section of an isolated
wing which is covered by the fuselage. TFuselage moment is obtained from
an integration of the moments contributed by sections along the axis of
the fuselage (equation (3.7), reference 2). The loads on each settion -
are computed on the assumption that the flow is two-dimensional in planes
perpendicular to the fuselage axis. This assumption is less accurate in
the neighborhood of the wing and does not allow calculation of the loads
on the wing carry-through sectlon. For alrplanes with unswept wings,
however, conditions on the fuselage near the wing do not greatly influ-
ence the pitching moment of the fuselage about the neutral point of the
airplane and, es & result, the method is adequate for such cases. -

For swept-wing configurations the loading on the fuselage and wing
carry-through section is much the seme as for unswept configurations. x
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The wing carry-through sectlon for swept wlngs, however, 1s located
farther from the neutral point of the configuration and the longer .
moment arm results in & large pitching-moment contribution. The 1lift
contribution of the wing carry-through section, therefore, must be
determined as accurately as possible in order to determine satisfacto-
rily the pitching-moment contribution. Thus the assumption that the
fuselsge 1ift can be taken as equel to the 1ift of the center section

of an isolated wing no longer applies and the 1ift and moment contri-
butions of both the fuselage and the wing carry-through sectilons must

be obtained. In geneF¥al, the method used herein is to estimate the load
distribution on ‘the fuselage and the load on the external wing by theo-
retical methods, whereas for the carry-through section, it is necessary
to develop curves based on available experimental data for predicting
the loading and the serodynamic center. The theoretical values which
were used 1in calculeting the wing stability parameters were obtained
from reference 3. Reference 3 was used because 1t presented a readily .
available uniform source of information and showed fairly good agreement
when checked with experiment. The method to be used in obtaining the
wing stability parameters, however, is at the discretion of the designer.

Although the method is derived for incompressible flow, it may be
applied for any case of subcritical Mach number by use of the generalized
Prandtl-Glauert law described in reference 4. The effects of Mach num-
ber on the neutral-point location at subcritical Mach numbers are gen-
erally small. This method 1ls intended to apply at low 1ift coefficients
where the drag effects are least and where the slopes of the 1ift curve
and pitching-moment curve are linear.

CALCULATION OF STABILITY

The method of obtaining the values of Cr, end Cp, of the indi-

vidual parts, as well as of the complete configuration, is now presented.
A step-by-step procedure is utilized to facllitate the computations and
the sample calculations to 1llustrate the method sre given in the
appendix. ’

External Wing

Calculstion of CLQO" The contribution of the external wing to the

lift-curve slope CLao mey be obtained in the following manner:

(1) Obtain the value of CLosw

for the total wing from reference 3,

figure 4.
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(2) Calculate the quantity CL Sy. (The value of B/k of refer- o

ence 3 as used in the present paper is considered to be unity. }

(3) Obtain from reference 3, figure 3, the spanwise values of
cy c/CLcav for the center section of the total wing. Each value of

ct %/CLCav is equal to the value ¢y /CL

(4) Multiply each quantity c, c C c by the product of the
1 L., “av

mean geometric chord .cg, and the lift -curve slope for the total wing
C to obtain. the quantlty cy c.
qu [

(5) Plot the values of czac égainst their spanwise location for.
the center section of the wing.

(6) Integrate the value c1,C spanvlse over the wing center sec-
tion. The integral is equal to the quantity CLGUSG' .

(7)- Obtain the quantity CanOSO for the external wing by the * s

formuls

Cr+ 8,=Cy_ 8y -Cy 8

(8) Obtain the lift-curve slope of the external wing besed on
total wing area by the relation

Calculation of Cmg,.- The contribution of the external wing to \

pitching-moment-curve slope Cmﬁo is calculated as follows: ) o

(1) Obtain from reference 3, figure 5, the spanwise center of
pressure of the 1ift of the total wing 1 cp as g fraction of the

semispan. - - _ : .- R e . o e
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(2) Perform the spanwise integration indicated in the function

- Y/2 |
f _czmcy d-y . ' ’ . o . .
QY/Q over the semispan of the wing center section to obtain
Jf c;edy - ' ' '
: 0 a i

the spanwise center of pressure of the wing center section. In most
cases the values of Cl,C are nearly constant over the wing center sec-

tion and the center of pressure is located at one-half the center-

ml&

' section semispan, that is Yo, "%

(3) Obtain the spanwise center of pressure of the external wing

Yo from the relation
cp : .

' - C S
- . o . _ CLGWSWyWCP_ Lag oYoep

y =
cp ‘CLGWSW - CLGUSG

This rélation is the spanwise center of pressure of the total wing
corrected for the removal of the 1ift on the center section.

(k) Obtain the contribution of the external wing to the pitching-
moment slope. Cﬁco by the relation

m

yMAC = yoc )

Uy

If the aerodynamic center of the external wing does not lie on the
quarter chord (as might be the case if other than the 1ifting-line

theory of reference 3 were used), the distance between the quarter-

chord line and the aerodynamic center must be considered in the preceding
relation. The pitching-moment contribution of the externsl wing 1s then
obtained by the relation

Cc =

My,

¢p

(#MAC = Yo, c/h - Xa )
o
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Fuselage (Fore and Aft of the Intersection Chords)

Calculation of CLGF" The contribution of the fuselage to 1lift-

curve slope CLQF 1s determined as follows:

(1) Obtain the contribution to lift-curve slope of the fore and
aft fuselege sections by a graphical integration of +the following
formula which was derived from formula (3 3), reference 2:

l d( 1.2 %—2) N

IE del

fl

vhere Ys 1is the width of fuselage at any station. The fuselage plan
form 1s divided into a finite number of sectlons as shown by figure 1.
For each of these sections the parameter > Yf2 dg is calculated and
plotted against its fuselage longitudinal station =xp:. The measured
2 ) | '
2 ‘T §a
d.Xff
slope of the sectional 1lift coefficlent czqf (per radien) of that

station.

slope at each of these stations is proportional to the

For the fuselege stations shead of the wing values of dp/da are
obtalned from figure 2 and from the following formula:

5T7.3

C
4B -1 4+ Law
do

which is the variation in local air flow with angle of attack for the
fuselage alone plus the additional variation caused by the presence of
the wing. Figure 2 was derived from theoretical data obtained from
reference 5. The parsmeter x 1is noted to be expressed as a function
of the distance forward of the intersection gquarter chord ci/h which

should not be confused with the quarter chord of the mean serodynemic
chord c/h For the fuselage sections behind.the wing, values of ap/da
are obtained from the variation of downwash with angle of attack de/dm
by the formula
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L

As no generalized charts exist for estimating downwash behind swept
wilngs, experimental values of dg/da at the location of the tail
should be used when possible. The values of de¢/da are assumed to
vary linearly from zero at the wing trailing edge to the determined
value at the aft end of the fuselage. The exact value of downwash at
the aft end of the fuselage is of 1little importence In determining
fuselage 1ift or moments inasmuch as the 1ift and moment contributions
of the rear section 'of the fuselage are very small.

Calculation of CmaF.- The contribution of the fuselage to )
pitching-moment-curve slope CmaF includes the following steps:

(1) Obtain the contribution of the fore and aft fuselage sections
to pitching-moment-curve slope by a graphical Integration of the fol-
lowing formula which was derived from formula (3.7), reference 2:

L1 | @) +f1d§ sl
o~ 57.352Jg &g oL OL 3 *r g

where xp 18 the longitudinel distance measured from the quarter
chord of the mean serodynemic chord to a finite fuselage station and

i1s ‘the longitudinal distence measured from the fuselage nose to a
f%nite fuselage section.

(2) Obtain, when appropriate, the additional contribution to
pitching-moment-curve slope of a fuselage alr-inteke duct from the
folléwing formula:

1 Vp 25pxp
Cmap TBT3 T ST

The effect on pitching moment of the chenge in momentum of the air
entering the intaske duct obtained from this formuls is illustrated in

- figure 3. The formula was derlived from a similar unpublished formula.

Wing' Carry-Through Section

Calculation of CLQE'- The contribution to lift-curve slope of the

wing carry-through section CL“I is calculated as follows:

¢
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(1) Obtain the contribution to 1lift-curve slope of the wing carry-
through section from figure k(a) by using the effective aspect ratio of
the carry-through section. The lift-curve slope of the carry-through
sectlion is based on that area (intersection chord cy times average
fuselage width at wing root Y} and is presented in terms of the
gection-1lift-curve slope of the wing at the intersection chord
as CL'GI/bzai‘ The value Clq, WY be obtained from step (5) of the

outline of the contribution of the external wing to lift-curve
slope cLa .
o]

(2) Calculate the contribution to lift-curve slope of the wing
carry-through section by the relation

Cy,t
I

C = —
o gy, “loy By

Calculetion of Cqu.- The contribution to pitching-moment-curve

slope of the wing carry-through section cm“i is obtained as follows:

(1) Obtain the aerodynemic center of the carry-through section
from figure 4(b), which is a plot of the aerodynemic center of the
carry-through section against sweep angle of the gquarter-chord line of
the wing. The aerodynamic-center location is expressed in intersectlon
chords ae the longitudinal distence from the leading edge of the inter-

Xy X7
section chord j— - .
Ci/IE Ci/ac

(2) Calculate the moment arm of the amerodynasmic center of the
carry-through section about the reference point by the relation

Ci ac Ci . Ci IE Ci ac
(3) Calculate the coﬁtribution to pitching moment of the carry-
through section by the reletion

gy = (2] One,
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Complete Configuration

Calculation of Cp,_ .- Obtain Cg, as a sum of the 1ift-curve
KE WE

slopes of the principal parts

CLGWF S'CL% + CL(IF + CLCLI

Calculation of CmGWF.- Determine CmuWF by summing up the

pitching-moment-curve slopes of the principal parts

CmGWF = Cmﬂo + CmGF + CmaI

Calculation of neutral-point location.- Obtain the neutral-point
location with respect to the reference axis, expressed as a fraction of
the mean aerodynamic chord of the wing by the relation

DISCUSSION OF METHOD

The values of wing lift-curve slope for the total wing were
obtalned from reference 3 and are based on the lifting-line method of
calculation. Values of wing lift-curve slope were also calculated by
the method of reference 6 which is essentially a correction of unswept-
wing data for sweep effects. This method has the advantage of allowing
the use of values of lift-curve slope for unswept wings based on
lifting-surface theory. Of the two methods the lift-curve-slope values
from reference 3 showed the best over-all agreement with the experimental
values for the particular configurations checked in thls analysis.

In order to determine the lift-curve slope of the external wing
the sectional 1ift is assumed to be the same as the sectional 1lift for
a corresponding section on an isolated wing. Upflow around the body
might be expected to Increase the 1ift on the sectlions near the wing
root. Experimental investigations of this effect are rather scarce,
however, the data of reference 7 indicete that, 1f this expected
increase does occur, it 1s very small. Alsc, flight measurements of
the spanwise center of load of a wing in combination with a body have
shown good agreement with the values predicted on the assumption that
the sectional loading external to the body is the same as that on an
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isolated wing. The lift-curve slope of the external wing therefore, is
assumed to be equal to the integration of the spanwisg loading on the

external wing in terms of the total wing area Cer -§§. The

(o}
aerodynemic-center location for the external wing 1s then the
aerodynamic-center location of the total wing corrected for the removal
of the center section.

The present method for determining the values of Cr, and Cma of

the fuselage is based on Multhopp's method in reference 2. Good agree-
ment 1s found to exist between Multhopp's method and experiment on the
fore and aft sections of the fuselage as is shown in figure 5. The
experimental fuselage sectional loading (fig. 5) was obtained from
unpublished pressure-distribution measurements on a wing-fuselage con-
figuration (configuration 10 in table I). For the fuselage section
adjacent to the wing large disagreement can be seen between theory and
experiment. The large difference In loading on the sections immediate
to the wing was caused by the wing and in the present method this dif-

{ér%gce in loading is considered to be part of the wing carry-through
oading.

Multhopp's method does not apply for the wing carry-through section.
An effort was made, therefore, to obtain from experiment the loading of
the carry-through section and its possible varlations with the wings of
various sveep angles and aspect ratios. These experimental curves
could then be used to predict the loadlng on simllar carry-through sec-
tions for other configurations. A limited amount of experlimental
pressure-distribution data was avallable on loadings of the carry-
through sectlon; however, a larger amount of date was ‘avalleble on the
over-all characteristics of wing-fuselage conflguratlions. From the
wing-fuselage date and the lsolated-wing data the experimental values
for the wing-fuselage and total wing were obtalned. By using the pres-
ent method, the contribution to stabllity of the fore and aft fuselage
sections was calculated and the effect of the wing center section was
calculated and subtracted from the experimentaslly measured contribution
of the totasl wing. The contributions to stabllity of the wing carry-
through section were then found as

Cray = (o) T(EL%) " (Pro theo]

exp exp

Cm“I ) (Cm“WF) ) fm%) + theo
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Experimental values were used in cslculating the contributlons to
1ift and pitching moment of the external wing for the following reasons:
The contribution to 1ift of the external wing is large when compared
with the contribution of the wing carry-through section; consequently,
a small error introduced in the wing contribution to 1ift results in'a
much larger error when expressed in terms of the contribution of the
carry-through section as can be seen from the formula. It was therefore
believed that, by use of experimental values of wing 1ift and
aerodynamic-center location in the preceding formulas, a more accurate
contribution of the carry-through-section 1ift and, hence, to moment
could be obtained. Table IT presents the experimental wvalue of CLCIWF

and C which were used in calculating the values of CLa
. T

oy

A plot of wvalues of CL'“I (based on carry-through area) with

sweep angle of the quarter-chord line 'Ac/h is shown in figﬁre 6. This

lift-curve slope of the carry-through section appears to be fairly con-
sistent about a value of 0.055 per degree for the configurations checked.
A somewhsat better correlation with experiment was obtained, however, by
enother method of analysis. A plot of Cps /bz (the lift-curve

slope of the carry-through section in terms of the intersection-chord
lift-curve slope) against Y/cy (fig. 4(a)) indicates that the loading
of the carry-through section varies with the loading of the adjacent
wing and also varies inversely with effective aspect ratio of the carry-
through section. A check point obtained.from actual integration of the
experimental loading of the carry-through section presented in figure 5
is shown in figures % and 6.

An exeminastion of figure 4(a) reveals that, as the effective
aspect ratio of the carry-through section approaches zero, the value of
the ratio Cr,t /bz exceeds the value of unity This fact may be

explained by an examination of figure 5 The loading of the carry-
through section is found to include part of the adjacent-fuselage
loading fore and aft of the carry-through section and, slnce this
loading is based on the carry-through area, the wing-induced fuselage
loading may possibly exceed the adjacent intersection-chord loading.
When the effective aspect ratlio of the carry-through section gpproaches -
zero, however, the value of the ratio CL:GI czai must approach unity.

In the sbsence of experimental data in the region below %; = 0.325

(fig. 4(a))} no attempt has been made to fair the curve to Zero effective
aspect ratio.
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The chordwise aerodynamic-center laocation of the carry-through

X P
section is shown in figure 4(b) as a plot of (—i) - (—Z) (measured
€1 LE 1 ac

from the leading edge of the intersection chord) against l&c/h. Shown

also in figure 4(b) is the chordwise variation with sweep of the
serodynamic-center location for the center chord as given by the flat=
plate first-approximation theory (reference 8). The experimental values
show approximately the game variation with sweep as the flat-plate theory
except at high-sweep angles. The experimental values also tended to
show some effects of the Reynolds number. For a constant sweep angle

a higher Reynolds number resulted in a more rearward location of the
computed aerodynamlic center. Because of the lack of additional experi-
mental points, only one curve has been feired in figure 4(b). The

check point obtained from actusl .integration of the loading of the
carry-through section (fig. 5) is also shown in figure %(b) and shows *
good agreement. )

The configurations used in obtaining the loading and aerodynamic
center of the carry-through section shown in figures 4 end 6 and the
check configuration are listed as the first 10 configurations in tables I
and II. For these 10 configurations sufficient experimental data were
presented to obtain the loading on the carry-through section. The
static longitudinal stability of the 23 wing-fuselage configurations
was calculated by uslng the curves falred through the experimental data
in figure 4 and by the present method. '

CORRELATION OF RESULTS

The method has been used to determine the static longitudinal
stability of the 23 wing-fuselage configurations listed In table I and
the results are presented and compared with the experimental results in
table II gnd figures T to 9.. A comparison between the experimental and
calculated values of 1lift-curve slopes 1s presented in figure 7. The
calculated values show some disagreement with experiment, however, the
disagreement was found to result wmostly from low values of CLOEW

(theoretical) for wings with approximately 45° sweep angle.

A comparison between the experimental and the calculated values of
pitching-moment-curve slopes for the conflgurations 1s presented in
figure 8. The results of the calculations show reasonable agreement
with the experimental values. The disagreement which exists, however,
can be traced primarily to the disagreement in lift-curve slopes and
to the limitations in estimating the serodynamic-center location for
some of the 1ift contributing partis. Csalculation of the serodymamic-
center location of the wing carry-through section shows that there are
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probable Reynolds number effects which have not been considered in the
method. '

A comparison between the experimental and calculated neutral points
for the various configurations is presented in figure 9. The sgreement,
which is generally better than 0.0k, is considered to be good, espe--
cially for such & large variety of wing plan forms. The accuracy with
which the serodynamic center and the lift-curve slope of the wing can
be determined to a large extent determines the accuracy of the neutral-
point location for a wing-fuselage configuration.

CONCLUDING REMARKS

»

A method is given for calculating the stick-fixed longltudinal
stability of a wing-fuselage configuration with unswept or swept wings
at subcritical Mach numbers. The stability parameters estimated by the
method show reasonable agreement with the experimental values for the
23 configurations used in the comparlson. Calculated values of 1ift-

" curve slope show some disagreement with experiment at sweep angles close

to 45°. This disagreéement is found to result mostly from low theoreti-
cal values of wing lift-curve slope. The effect of the low values of
wing lift-curve slope 1s also apparent in the calculsted values of the
slope of the pitching-moment curve. There are noticeable Reynolds num-
ber effects on the aerodynamic-center locatlion for the wing and wing
carry-through section. As no definite trend of these effects was
established, the effects are not considered in the method. To a large
extent the accuraecy with which the wing stability parameters can be
obtained determines the accuracy to which the configuration stability
parameters can be calculated. ’

For the wing carry-through section no theory was available for
predicting the loading; therefore, the loading was cobtained from curves
based on experiment. The experimental lift-curve slope of the wing
carry-through section calculated in terms of the carry-through ares
eppears to be consistent gbout a wvalue of 0.055 per degree. A better
correlation with experiment, however, indicates that the carry-through-
section loading varies with the loading on the adjacent wing section
and also varles inversely with the effective aspect ratioc of the carry-
through section.

The method has been used to calculate the neutral points of 23 con-
figurstions. The agreement between experimental and calculated values
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has generally been better than #0.04 and is considered to be good
especially for such a large variety ofwing plan forms.

Langley Aeronautical. Leboratory

National Advisory Committee for Aeronsutics
Langley Field, Va.
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APPENDIX

SAMPLE CALCULATIONS

19

The contributions to lift-curve and pitching-moment-curve slopes
end the aserodynamic-center location were calculated for wing-fuselage
configuration 4 (see tables I and II) by the method presented in this

paper. These calculations are presented as an aid to further under-
standing the method. The steps are numbered tao correspond with the
steps presented in the section "Calculation of Stability.”
of the model are shown in figure 10 which was obtained from reference
Some total wing parameters used in the example are as follows:

A=35 Y = 3.6 feet
b = 27 feet Yypo = 5% Teet
T = 8.64 feet ) = 0.25

Cay = T-T2 feet Mgy, = 60.8°

Sy = 208.3 square feet

External Wing

Calculation of CLao'- Steps used in cslculating cLao are

(1) From reference 3, figure k, CL“W = 0.0k412.
(2) CLog,SW = (0.0k12)(208.3) = 8.60 square feet

(3) From reference 3, figure 3:

For 1 =0
c.c cy.c
& = 1.13 -
CLcav CLGWCav
-]

Two views
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For 1 = 0.13

CZaC c2.C i

=T Cow
LQW av

For 7 =:0

¢y ¢ = (1.13)(0.0412)(7.72)
a

0.359 feet

For n = 0.13

0.365 feet

c1c = (1.15)(0.0412) (7.72)

(5) See figure 11 for plot of local wing loading c1,° sgainst
wing spanwise stdtion.

(6) Cry So = (Clac)av Y

- 0-359 ; 0'365 3.6 = 1.302 square feet

(7) Crr S
) L o o

C - C S
O

8.60 - 1.302 = T7.298 square feet

Crr S
(8) o1, = _E,EEJE - . . _

= %6%?%.=_0.03h9 . . o . - A

Calculation of C .- Steps for calculating C are:
Mo, : : Ta,

(1) From reference 3, figure 5(b), ep = 0.449.

Yy =g g = 0.449(13.5) = 6.06 feet

cp P
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1Y
@ ¥, =232
=2 (1.8) = 0.9 foot
2 C
c -C 8 .
- ] quswywcp Lo, L
Yoep =T Gl 7 - CLg S5
_ (8.6)(6.06) - (1.302)(0.9)
B 8.6 - 1.302

-YMac - Yo
(4) ey, =——=—2L tan A;/0y

Tz &

= 2242099 (1.789) (0.0349)

Fuselage

Calculation of CLGF and. CmaF" Calculation of the fuselage

sectional 1ift is shown in teble III and plotted in figure 12. The
fuselage contribution to 1ift and pitching moment obtained from'sn

6.99 feet

~0.0115

21

integration of the fuselage sectional 1ift in figure 12 is found to be

0.0017T7

CLC‘F

oty

0.00366

Wing Carry-Through Section.

Some wing carry-through-section parameters are as follows:

p4

c_i = 0032

St = Yey = (3.6)(11

°9.33.
0.0325

X4

cldvi
Raanllnw)

25) = k0.5 squaré feet
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Calculation of C .- Steps for obtaining C follow:
Loy Log

Cy1
(1) Prom figure W(e), o 1.42
¢y
@y

(2) CL = CZ -~

= 1.42(0.0325) g%g?§ = 0.00896

Calculation of C .~ Steps for calculating C are:
Moy T

(1) From figure ¥(b), (éi) - (;E) = 0.68
i LE 1 ac

@ @) -, ©l. 6

ac ac

_9.33 _
=15 0.68 = 0.15

X1 Cy

3 ng = (3), 7 O

= (0.15) £3:22 (0.00896) = 0.00175

Complete Configuration

Calculation of Cgp «= Values of lift-curve slopes for the

complete configuration are:

Estimated value by present method

CL“WF = CLab + CLqF + CL“I

0.0349 + 0.00177 + 0.00896 = 0.0456



. ' =S
NACA RM L51J23 l 23

Experimental value (table IT)
Cy = 0.047

Calculation of Cp «~- The pitching-moment-curve slopes for the

complete configuration are:

Estimated value by present method
C =C + C +C
m“WF mab maF muT

-0.0115 + 0.00366 + 0.00175 = -0.00609

Experimental value (table II)

c = ~0.0061
Tosw

Calculation of neutral-point location.- The neutral-point location
is calculated to be:

Estimated value by present method

e
T

-0.00609 _
—.og = 013k

Experimental value (table IT)

"My _ XE

Cr T T
-0.061 _
0.047 -0.13
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TABLE T -
DIMENSIONS ARD INFORMATION ON CONFIGURATIONS
IR o O - U B N - 5 - R R v
-1 O |10l 0 Jo.50 |6 7 jl.2021.1% | 1.k2| 8.125[1.94 x 100 10
A 2 O | 6u-21045 .383|5.1 12.&6!2._6_ 1.4 | 3.28{ 30.35 |6.0 1
4: 3 <> 65-1101%0 _ | .b2 {2.5 | 5.83]2.47 |1.1k7| 2.91] 13.6% |2.87 12
: /é\ " A |%6lacosieo.8 | .25 |3.5 |27  |8.639]3.6 [11.25]208.3 |[8.00 9
A. 5 V  |64y-122{30 .625i2.88| 9.4213.33 [1.h | 3.8 | 30.75 [6.80 13
&% 6 D ooz |us |1 |2.63} 3.08{1.18 Jo.5 |1.18] 3.50 {1.% 1%
&% 7 < |64,-112{0 .625]k.01[11.35(2.89 f1.4 | 3.3%] 32.2% |3.0% 15
&@§ 8 |V 61;1-1.12&0 .62514.01{11.35|2.89 [1.b | 3.34| 32.24 {6.84 15 and 16
A 9 N |64,-112|h0 | .6e55.01f11.35(2.89 1.6 | 3.3u| 3e.28 {8.09 15 and 17
&% 10 DN [2é5a006{45 6 |« |2 [os Jo.267| 0.59| 1.00 j1.73 |vapub1isned
<@;' 11 4 | 65-10| 0 | .ue5|6.8 | 7.681.381{1.14 | 1.42] 8.67 |1.27 10
ﬁ@h 12 | O |6sofis | |6k | 7.29(2.20 [1.30 | 1.53] 8.b0 |1.202 10

&p1rfoil parsilel to plane of symmeiry (airfoils not-footnoted perpepdicular to 0.25-chord 1linel.
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TABLE T - Concluded

DIMENSIONS AND INFORMATION ON CONFIGURATIONS - Concluded

igu- Hca Ao/l B T Y | | & | Reynolas
Configuration m; Symbol alrfoll (dzg) 8 4 (ft) (f't.) (ft) (ft) (!q £t) mber Reference
13 | A 65-110 |30 lo.46 [5.28 6.50| 1.278[2.20 |1.53 | 8.06 [1.373 x 106 10
* 1k D 65-110 |5 | .465)3.69( 5.36) 1.5u2{1.10 179 | 7.80 |2.657 10
L ] .
\J " 15 A 23012 o [ |s.18)e.s3| .92| .328[ k02| 1.231]——-- 18
’ D '
gem 15 23012 15 1 [5.18]2.53] 92| .38| 92| 1.233-—— - 18
&6% 17 U 23012 J I 5.18] 2.53| .uge; .328] .hg2| 1.231f~---- 18
/ﬁ\ 18 D 23012 v h |5.8]2.53} ool .328] .u92| 1.232f---— 18
.le,
45 v | d :Eolgg'°1°‘3 20 | .M63[5.74) .72] 1.306] .;37]1.85 | 10.39 f1.10 Unpub1ished
4% 20 Q Ch(19)-010-3 |35 A59|%.53] 6.90| 1.579 .917]2.00 | 20.5 [1.59 Unpublished
64-008 '
Ch 41 -010
21 O {20)-010-3 ls5 | .Lsk[2.95] 5.67| 1.985} .91T|2.h0 | 10.9 [2.00 Unpublished
6%-008
[~
% 2 Q [®*0)93 |gy | mslr.g0| 6.66] 2.535| sa1fe.7r [11.87 [2.56 - [vapubirtenea
o [t o
23 !uo-Lr:Lo-J__Lo 37.5 |1.63 |3.07[31.3 [0.%9 (4.6 [8.6 9.3 Unpublished

Bpirfo11 perpendiculer to 0.50-chord line, (airfoils not-footnoted perpendicular to 0.25-chord 1line).

“Root chord; tip chord. W
Republic sirfoll section. :



TAHLE TT
CALCULATED AND EXPERIMERTAL VALUES FOR COWFIGURATICNB

Conf Lgu- Experi-fEperi-l o L cutated| Calcutated [Catcuintod |Catpuiatea |, Cpiculated  |EIPeTd- | Bperi-lo ) ) otea|Calonlated oen) | ony
bl e el i SO LR L TS, - @) [ | e | e R
1 Q | c.o7s | 0,282 | 0.0%97 o 0.0095 | o.o132 | o.omT 0.28 0.019 |0.028% | 0.0805 .0125 | 0.18e | 0.156

a a .08 | -.0138 0501 -.009% .00e2 - 0070 .095 5 L0645 | -.0026 0598 -.0010 | -.0k -.016
3 0 086 | .00OT “J0358 -.0040 " .o03k 0045 .0bT3 a0 - .901.'6 .0916 .0003 031 0054
v | oo |ds | o3 | -ows | oms oozt | oM xe . ony |-post | .o | -.oor | -3 -3y
5 v .0h§ | -.0025] - 0365 - .00k 0021 0036 , <0525 - .05 [0 LO%Th 20012 [0 o2k

6 > | ¥ | .omm| 037 | 0005 | oz | ' .oc0m6 o, Y .ok o032 | oM 0019 | .08 .ok

7 < o6 | o0 | ks -.00%6 ' .0022 ' .00k3 o7 ke ;w062 | o029 om67 1 ezs olrr .ok

8 P | .ofo|-.003| .86 | -.c086 | “.ooz2 | . .cok3 | ofsh k| o2 | 0026 | o567 ooR3 | .27 | oML

9 | .;)61 .0143|  .ohsE -.006 K o028 | oola 06 | .50 " .08k | o019 W ooe3 | .03 | .bhy

10 b | i | o] oms | -.c0m7 .0027 03t |- .ok ey .ofe | .ooie 035 ooeo 02 037

n .‘d ----------- | .06k o 009 T - pErs L0876 | .01%8 .08l L0119 | . .18 .1kl

1 O | —— | —=emee 0616 ..0037 | *.oom@ | - .oak0 | —eeee- — .- .083% | .ona0 .OTP2 o113 132 :.J__h3

13 | Q| e cme| om9 | -.0088 | 0067 | 0280 | ooee e o706 |, .03 | .069 oo | o83 | am
oy By | coome | oo Lo3s2 0080 .0060 Y- ENPURUE [ : .06 | .o0e3 .03h7 oor-o okl .0905

- Al el oms | o 0B | oyt | - _— .06k | o0z | o1 0083 | .om | .0M8
16 [ Y [N R ., 0588 | 0007 | 003 [ .00 | e — 0688 | .oom | .0676 .00%0 -PTQ; " orh
17 O | - | e .053 -.0020 .0033 .2 — 0816 [ .00T1 .0626 -00% | .17 | 095
18 D | come | e ok | -.oom6 | .oom 0066 | mmmmm — o3| .0om | o5 o006 | s | .10

19° Q | emeem | —emee 0608 -.0033 '.ooao 008 | eenmem _— " o796 0035 o785 * oosh | .okak| o6p
O Q | eem | - comM | -0036 | 0025 0038 | eee —— L0673 [ -.0012 .06k »/oome | -.0176| .0333
21 (o T R E— .0393 -.0083 .0022 0027 | mmmeee : -— . -083 | -.0036 0hg1 | *-.0002 | -.07h | -.0438
ap O | weren | =reen|  c02G2 | -.00M8 oozl 0028 | mearee —_ - .0386 | -.003 038 | %0036 | -.13 | -.096

23 | O [ | m=—| .om 0005 | o020 | .00k | —ememm — ~Lo5h| 0086 | .ok ook | am | am
*Containg pitching-moment contribution & to fuselage nose duct. '

ge
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TABLE ITT

CALCULATION OF FUSELAGE SECTIONAL LIFT

29

Fuselage | *r | Yr 3% o g o E T ey as -;—Yfe %—S‘d(; T g)
station | (£t) | () [(sq £t)|°F ~ Fci/b b * | da (sq £t) ?;5)'
Fore fuselage

0 25.53|0 0 19.15 0.710 0.020|1.01kf © o

1 |24.53) .60 .566| 18.15 .672 .021|1.00k| .5T5 L
2 22.53|1.28] 2.580 | 16.15 598 -+ | .022]1.015} 2.620 1.26
3 20.;53 1.82( 5.210 14.15 52k .028]1.019! 5.310 1.38
L 18.532.2%| 7.900 12.15 150 .033|1.022| 8.080 -1.39
5 16.53]|2.60|10.600 10.15° 376 .042|1.028| 10.900 1.39
6. | 1k.53[2.90({13.210 8.15 -302 .055{1.037| 13.700 1.39
7 12.53{3.14 15.506 6.15 .228 .077(1.052|16.320. .25
8 | 10.53[3.34[17.550 | k.15 .189 .093(1.063|18.680 1.35-
9 8.53]|3.5016.300 2.15 .080 .24511.165(22.500 2.55-

Aft fuselage

10 | -3.47|3.50]19.300 | === | - ~———-l0.050{ 0.965 0.61
11 St 3.348|17.550 | - | == |mem-- .120| 2.105 b5
12 -7.47]3.14[25.500 | ~~--- | ----=  [e-e-- .180f 2.790 .26
13 -9.47]2.90[13.220 | ----- | emmmm |eme-- .2k0| 3.170 .16
1he [-11.47}2.60[10.600 | -=-== | —emem emeeo .310| 3.290 -.0k
15 -13.4%7 é.eh T-900 | coece b cccee foeeae .370| 2.980 -.26 .
16 |-15.47(1.82) 5.210 | e | cmeme feeee- .430{ 2.2%0 -5
17 [-17.47]1.28) 2.580 | —emmm | memem |eee-- .500{ 1.290 -.51
18 - 1-19.47] .60] 566} -eeem | e |- 5700 .320 -.39
19  |-20.47|0 o O [T .630| 0 o
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Finlte section

—

Intersection

- — — Center section
of total wing

7///// tl:'mc:zﬁon ‘ i

Fore
fuselage

|
2
d
M

|

Figure 1.- Wing-fuselage configuration illustrating separation of the

configuration .into the principal parts. Some general notatlons are
included. ' - : : '
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Figure 2.- Variétiop of values of & with distance forward from the
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’ (Reference 5.) Values of dﬁ/dcn may be obtained fgr wings of various
aspect ratios and lift-curve slopes by %‘; 1+ k I:w (57.3).
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Figure 3.- Diegram showing Gelocity vectors for calculation of addi-
tional pltching-moment contributions contributed by the air mass on
the :I.nlet duct. (Unpubllshed data. )
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-Figure 4.- Lift-curve slope and aerodynamic-center location of wing

carry-through section.

Symbols refer to configurations listed in

tables T and ITI. Check polnt refers to actusl integration of carry-

through loading.
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Experiment (unpublished resulta)
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Figure 5.- A comparison between experimental and theoretical fuselage
sectional loading. a = 4%; M = 0.61. Configuration 10 of tables I
snd IT. :

ESLTST W VOVN




¥Wing carry-through section
liftwcurve alops CL'; , Per degree

.08

o6 Nl

. F o

< a
AN
Ol ~~{Check point
.02
I
0o 10 20 30 40 50 60 70

Sweep angle of guarter chord, A, fu deg

Figure 6.- Wing carry-through section lift-curve slopes (based on wing
carry-through section area 8t) for 10 wing-fuselage configurations
as obtalned by the present method. Symbols refer to conflgurations
of tahles T and II. Check point refers to actual lntegration of

carry-through loading.
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Figure T.- A comparison between experimental and theoretical values
of Cq for 23 wing-fuselage confilgurations. Symbols refer to

configurations identified in.taebles I and II
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Figure 8.- A comparison between experimental and theoretical values
of Cmﬂw for 23 wing-fuselage configurations. Bymbols refer to
f B

configurations of tables I and II.
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refer to configurations identified in tables I and II.
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NACA RM L51J23

Figure 10.- Two views of sweptback-wing - fuselage configuration.
Ac/y = 60.8%; A = 3.5; A = 0.25; airfoil section, NACA 64A006.

(Reference 9.)
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Figure 1l1l.- Spanwlse load distribution of wing semispan for

configuration 4.
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Figure 12.- Calculatéd fuselage 1ift distribution.

NACA-Langley - 1-22-52 - 325 !



SECURITY INFO RMA'I"ION

IIHIHHIHIH Hl TR

6 01436 8923




